The feasibility of an interplanetary mission for a CubeSat, a type of miniaturized spacecraft, that uses an emerging technology, the CubeSat Ambipolar Thruster (CAT) is investigated. CAT is a large delta-V propulsion system that uses a high-density plasma source that has been miniaturized for small spacecraft applications. An initial feasibility assessment that demonstrated escaping Low Earth Orbit (LEO) and achieving Earth-escape trajectories with a 3U CubeSat and this thruster technology was demonstrated in previous work. We examine a mission architecture with a trajectory that begins in Earth orbits such as LEO and Geostationary Earth Orbit (GEO) which escapes Earth orbit and travels to Mars, Jupiter, or Saturn. The goal was to minimize travel time to reach the destinations and considering trade-offs between spacecraft dry mass, fuel mass, and solar power array size. Sensitivities to spacecraft dry mass and available power are considered. CubeSats are extremely size, mass, and power constrained, and their subsystems are tightly coupled, limiting their performance potential. System-level modeling, simulation, and optimization approaches are necessary to find feasible and optimal operational solutions to ensure system-level interactions are modeled. Thus, propulsion, power/energy, attitude, and orbit transfer models are integrated to enable systems-level analysis and trades. The CAT technology broadens the possible missions achievable with small satellites. In particular, this technology enables more sophisticated maneuvers by small spacecraft such as polar orbit insertion from an equatorial orbit, LEO to GEO transfers, Earth-escape trajectories, and transfers to other interplanetary bodies. This work lays the groundwork for upcoming CubeSat launch opportunities and supports future development of interplanetary and constellation CubeSat and small satellite mission concepts.
I. Introduction
CubeSats are no longer constrained to Low Earth Orbit (LEO) and now have the potential to escape Earth orbit due to innovations in small satellite propulsion systems, as well as communication system, electronics, and attitude control. This is enabling small spacecraft platforms to perform far more interesting exploration and science missions. In the past, CubeSats have not had propulsion systems due to size, power, and launch constraints, therefore constrained to minimal maneuvering from the launch vehicle insertion orbit [1] . Fundamental limitations on CubeSats in terms of size, mass, power, or cost, that limit the ability of small spacecraft to escape Earth orbit, and go beyond, are explored in this paper. Beyond a feasibility study, we also investigate the most efficient approaches to achieve different objectives, for example fuel-optimal, time-optimal, or solutions that minimize the exposure to radiation, are also investigated.
CubeSats have evolved from educational tools to a platform for technology demonstrations and capable of performing high-value science missions [2, 3, 4] . The National Science Foundation has a dedicated program funding nanosatellites to study space weather [5, 6] , NASA has a dedicated launching opportunity through their CubeSat Launch Initiative [7] , and NASA research centers are also developing a variety of CubeSats for both near-Earth [8, 9] and interplanetary [10, 11, 12, 13] applications. An increasing number of CubeSats are being proposed for constellation applications [14, 15] , where propulsion capabilities are highly desired or required. Micropropulsion has been identified as a necessary technology to enable these spacecraft to maneuver and perform formation flying, create constellations, and travel to interesting interplanetary destinations [16, 17] . Interplanetary orbit transfers are particularly challenging for small spacecraft low-thrust propulsion systems because typical high-thrust maneuvers can't be utilized and small spacecraft are extremely mass, volume, and power constrained [1] . Furthermore, CubeSats typically do not operate at high power or voltage levels and conventionally face challenges managing high thermal loads.
Existing electric propulsion systems exceed the mass or volume envelopes for CubeSats, have low efficiency or low thrust, or are designed for precise pointing maneuvers. The CubeSat Ambipolar Thruster (CAT), a new thruster technology that uses a high-density plasma source to achieve high ∆-V and high thrust-to-power ratios, and fits within a small spacecraft form-factor (< 1/10 U, where a U is 10 cm x 10 cm x 10 cm). The CAT engine will change the CubeSat paradigm from drifters to explorers by providing 11 km/s delta-V to a 3U CubeSat, or 20 km/s to a 6U CubeSat. The CAT design focuses on maximizing the thrust-to-power ratio at an Isp on the lower end of electric propulsion devices. It achieves a higher thrust-to-power ratio by efficiently ionizing a relatively high flow rate of propellant, about 2-3x higher flows rates than Hall effect thrusters. A magnetized helicon discharge is used for this highly efficient ionization process without the need for a separate electron source such as a hollow cathode. This system is designed to provide no resultant magnetic dipole. Our team has a dedicated NASA launch to test this thruster technology in space for the first time, and we will be collaborating with the University of Michigan and NASA Ames.
There are several interesting features and complexities in the design of an interplanetary for such a small satellite using the CAT. The CAT technology has a wide power range, thus can be used to achieve different amounts of thrust during different parts of the trajectory. The desired thrust level at a given time is a trade-off between the thrust level, duration of the maneuver, and available energy at that point in the trajectory. The available power is a function of the instantaneous power from solar arrays and energy that is stored in the battery. This depends on the dynamic distance and angle to the sun, which is related back to the trajectory design. This is particularly challenging in this problem as it is traveling away from the sun, for example a spacecraft at Jupiter (5.2 AU) may receive just 4% of the amount we do at the Earth (e.g. Juno). This results in a challenging optimization problem with a set of highly interdependent decision variables.
There are other propulsion systems that have been proposed for CubeSats and small spacecraft, including Aerojet's Rocketdyne, Busek's thrusters, MIT's ion Electrospray Propulsion System (iEPS), Clyde Space's CubeSat Pulse Plasma Thruster, and JPL's Micro Electrospray Propulsion (MEP) thruster. The techniques presented in this paper are applicable to these other technologies, although they are not specifically studied in this paper.
Past work has demonstrated representative mission scenarios for a 3U CubeSat and demonstrated the feasibility of escaping Earth orbit with the conventional constant thrust strategy that results in spiral-out orbit-raising trajectories using the CAT thruster [18] . Follow-on work compared conventional constant-thrusting spiral-out approaches to optimal thrusting near perigee [19] and applied and compared these strategies when performed by different CubeSatclass thrusters [20] . Refs. [18, 19] considered system-level constraints such as volume, mass, power management, and radiation exposure, and determined that the optimal approach depends greatly on the system objectives and constraints.
The goal is to evaluate the feasibility of using a small spacecraft form-factor for Earth-escape and travel to interplanetary destinations. We aim to establish what the key constraints and trade-offs are in these types of orbit transfers. A systems-level perspective that considers realistic vehicle as well as operational constraints is critical to ensure relevance of proposed solutions to realistic mission scenarios, particularly for CubeSat architectures that are extremely mass, volume, and power constrained. We develop a systems-level model that includes propulsion, orbit dynamics, energy dynamics (solar powered collection, eclipse) and battery capacity. The model is used to study trajectories starting in LEO and escape Earth's Sphere of Influence. Secondly, we examine orbits starting in Geostationary Earth Orbit (GEO) that escape Earth orbit and travel to Mars, Jupiter, and Saturn considering realistic power, mass, and volume constraints. Sensitivity analysis are performed relative to spacecraft mass and power towards understanding the key trade-offs with transfer times and to identify feasible mission architectures.
II. Mission and System Architecture
CubeSats are typically launched as secondary payloads into LEOs with altitudes ranging from 350-900 km and with near-polar inclinations (> 60 o ) [21] . Therefore, to demonstrate Earth-escape trajectories, we discuss orbits that begin in 500 km polar and equatorial orbits are considered in our analysis. There are also some opportunities for some Sun-synchronous LEOs, where the orbital plane is nearly orthogonal to the vector to the Sun so the spacecraft is nearly always in the Sun (i.e. does not experience eclipses), so these orbits are also considered in the analysis. There are also launch opportunities beginning to emerge to take small spacecraft as secondary payloads to equatorial GEOs, for example through Spaceflight Services, a company that works with Launch Services Providers including SpaceX, Orbital Sciences, Virgin Galactic, Kosmotras (Dnepr), and Progress (Soyuz). Therefore, for small spacecraft that travel to interplanetary destinations, we consider orbits starting in equatorial GEOs. Other initial and final target combinations, such as starting in LEO or Earth's C 3 and targeting an interplanetary destination, can be assessed using a similar approach to the one presented in this paper.
Small spacecraft, and specifically CubeSats, are extremely mass and volume constrained. For example, the most common CubeSat size, a 3 U, is constrained to the form-factor of approximately 30 cm x 10 cm x 10 cm, and usually constrained to a mass of less than 5 kg, particularly to satisfy the standard Poly-PicoSatellite Orbital Deployer (P-POD) launcher system. Satisfying conventional P-POD launch constraints may not be a requirement for interplanetary CubeSats, for example mass waivers allowing heavier small spacecraft systems may be allowed. However; a lighter system is always desirable for orbit-boosting, as more acceleration is achieved for the same thrust. The desire for a low-mass system drives the selection of the thruster, fuel tank, fuel, solar panels, attitude control system, and battery and power system components.
CubeSats are constrained in their ability to collect, store, and distribute power. Typical CubeSats that have flown in LEO with body-mounted solar panels generate less than 10 W, while spacecraft with state-of-the-art deployable panels and the ability to continually point them at the Sun may be able to generate up to 30 W. Furthermore, on-board CubeSat battery systems typically store only 50-100 kJoules and existing CubeSat electric power systems (EPSs) typically operate with low voltage and power values. Thus, although collecting power and storing the energy for high-powered short-duration thrusts may be feasible, supplemental battery and power management systems may be required to support these types of maneuvers (which require additional volume, mass, cost, and complexity). The typical Lithium-Ion batteries that fly on CubeSat systems experience significant battery degradation [19] throughout their operation, limiting their ability to support multiple hundred cycles on longer-duration missions. Radiation is often a concern for CubeSat missions because the low-cost commercial off-the-shelf (COTS) components are typically not radiation-tolerant, thus susceptible to failures and can not reliably support long-duration missions. Mission trajectories are preferred that avoid the radiation belts as much as possible, either by operating at polar (instead of equatorial) inclinations, or by boosting their orbits to high altitudes quickly to avoid radiation exposure. Developing fault-tolerant failures and adding radiation shielding is also an option, however may add system complexity, mass, and cost.
Towards assessing the feasibility of achieving Earth-escape with a CubeSat form-factor, we consider a 6U CubeSat, which is required for interplanetary applications, which is a volume of approximately 10 cm x 20 cm x 30 cm. A representative list of components, mass, volume, and power, is provided in Table 1 , where all components are included except fuel, as this is considered later in the orbit-raising analysis. Consistent with the CubeSat design philosophy and to obtain a low mass and cost solution, we've mainly selected Commercial Off-The-Shelf (COTS) components to support the mission.
The Blue Canyon XB1 bus provides most major CubeSat subsystems including a and state-of-the-art Guidance, Navigation, and Control system (GNC) systems, Command and Data Handling (CDH), and Electric Power System (EPS). The active attitude determination and control system is required to achieve the desired thrust vector throughout maneuvers. Their system, although currently designed to operate in LEO, is being designed for extended missions in interplanetary locations. The IRIS transponder is selected as it is the lowest mass, volume, and power solution for interplanetary small spacecraft., which communicates to the Deep Space Network (DSN) on X-Band frequencies. This is required because existing UHF, S-Band, and X-Band systems do not currently have the capability to return data at meaningful rates to Earth on small spacecraft form-factors. The solar panels are sized to generates approximately 75W at 1 AU, which was determined necessary to perform the desired orbit transfers and a reasonable volume and mass to store from a 6U CubeSat form-factor. Power collection potential will degrade as the panels age and the system drifts far from Earth, as discussed in the results. The total battery capacity was also sized with insight into the design solution and the amount of energy required to survive eclipses as the spacecraft spirals out from an initial equatorial orbit. It was established that the battery in the Blue Canyon bus, with 25 Whr, needed to be augmented by four Li-Ion 18650s, which provide an additional 60 Whr. 
III. Model
A systems-level model is essential to capture all dynamics and constraints of this problem, particularly because CubeSats are highly-integrated and have limited available resources. The multi-disciplinary model consists of analytic representations of the propulsion system, orbital dynamics, and energy collection and management system. The spacecraft configuration is such that the thrusters always point in the anti-velocity direction to maximize the thrusting efficiency. The solar panels are assumed to be always pointed at the Sun when in sunlight. Attitude control is used to offset the solar panels slightly throughout maneuvers to reduce or offset solar pressure effects and prevent reaction wheel saturation (particularly because conventional de-saturation techniques are not appropriate for interplanetary spacecraft).
A. Propulsion
The CAT thruster uses a high plasma density RF helicon source with a converging-diverging throat combined with an expanding magnetic nozzle. A wide variety of propellants are possible due to the electrodeless nature of the helicon plasma source, including propellants stored as liquids or solids. Iodine (nominal propellant), liquid water, ionic fluids, Galinstan, ammonia, butane, alcohols, ethylene glycol, and others will be considered.
To obtain a large accelerating electric field (ambipolar acceleration), an efficient helicon RF plasma source is used to generate a very high plasma density (1020 m −3 ) and high electron temperature (20-30 eV) with a variety of propellants ( Figs. 1-2) , and allows the plasma to expand in a magnetic nozzle. Initial optimization has started for a multi-dipole permanent magnet nozzle, which promises to have a nozzle efficiency of > 90%. We expect a system efficiency of > 50%, significantly exceeding the system efficiency of previous electrospray thrusters, RF double-layer thruster concepts, and miniature ion and Hall effect thrusters for CubeSats. 
B. Orbit Transfers
The orbit transfer within the Earth and Sun systems are treated separately in this section. This is because the low-thrust maneuvers in the Earth system will change the orbit over many hundreds of orbital periods, while the interplanetary transfers will occur on time scales much smaller than the periods of the final orbits. In both cases we consider a simplified two-body model.
Within the Earth system, the low-thruster system fires continuously and achieves the conventional spiraling-out orbit trajectory. Within the Earth system, the velocity, v, is a function of a, the altitude relative to the main body, and R E is the Earth's radius, and µ is the gravitational constant of the central body as in Eq. 1.
To achieve an increase in altitude, the difference in ∆V is required, as in Eq. 2, where v 0 is the starting with velocity and v f is the final velocity v f , corresponding to the starting and final altitudes. The ∆V is modeled according to the rocket equation,
where V ex is the exhaust velocity, m i is the initial mass, and m f is the final mass after the maneuver. For CAT, the propellant flow rate scales linearly with power (e.g. 0.1 mg/s at 10 W), as in Fig. 2c , and that the thrust scales linearly with power (e.g. 1 mN at 10 W). The mass flow rate is given by Eq. 4, where δ is the mass flow rate to power ratio.
Once the spacecraft has escaped the Earth's SOI, we model the two-body Sun spacecraft system. The thrust is assumed to always be aligned with the velocity vector and the equations of motion are given in Eqs. 5-7. The rate of change of the radial velocity, v r , tangential velocity, v θ , and rate of change of the angular location along the orbit, θ, are given by,v
where µ is the gravitational constant in the Sun system, γ is the flight path angle, as in Eq. 8, and a is the acceleration, as in Eq. 9,ṁ is the mass flow rate defined in Eq. 4, and m is the spacecraft mass.
The perihilion and aphelion, r p and r a , are a function of the radius from the sun, r s and the orbit eccentricity, e, which are computed in Eqs. 10-14, where v is the total velocity and h is the angular momentum.
C. Energy Three key energy constraints are considered. In particular, we capture the three limiting cases related to ensuring sufficient battery capacity for thrust maneuvers, during eclipse, and ensuring overall energy balance. This is a conservative approximation because we don't model energy as a continous function throughout the orbit to simplify the overall model dynamics and facilitate optimization of upcoming problems. Comment how/when this is conservative and how/when it's not. First, every thrust maneuver must not deplete the energy stored in the on-board battery, E batt ,
where P t,i is the thrust power setting and t t,i is the thrust duration for every maneuver i ∈ I. Second, we must be able to sustain eclipses assuming nominal power consumption during eclipses,
although this constraint is generally not active as far more energy is consumed during thrust maneuvers (as in Eq. 15). Comment on ability to sustain eclipses if thrusting is during eclipses, or that we constraining thrusting to only happen not in eclipse through careful selection of orbit. Third, we enforce that there must be a positive energy balance every orbit, that we collect more energy than is consumed,
where t s,o , t e,o are the time in sun and eclipse, and P s,o and P n, o are the average power generated in the sun and consumed by nominal operations, for every orbit o ∈ O (which in some cases where we thrust once per orbit may coincide with once every maneuver). Figure 3 shows velocity as a function of altitude in the Earth system, which can be used to determine how much ∆V is needed to get from low LEO, to high LEO, GEO, the Moon, or the Earth's SOI. This provides a useful worst-case guide, particularly if performing the conventional constant-thrust maneuvers that result in a spiraling out trajectory. However; in many cases improvements over these ∆V values can be attained using thrust-at-perigee maneuvers, as modeled and demonstrated in cite [19] .
IV. Orbit-Raising in Earth System
We first consider a 3U CubeSat with 2.5 kg of dry mass for an orbit-boost from LEO to escape Earth orbit. The results in Tables 2 and 3 demonstrate it's possible to escape Earth's Sphere of Influence with only 2.5 kg of fuel and in less than one year (259 days) using I 2 fuel and 10 W of thrust. The amount of fuel and times to achieve high LEO and GEO orbits are also impressive. From this simple analysis, I 2 is clearly the most time and fuel efficient, thus it will be used for the remaining analysis. Fig. 4 shows sensitivity of the CAT thruster integrated into a small spacecraft to fuel mass and power levels. In particular, Fig. 4a shows how the ∆V varies with increase in dry mass and fuel mass, and Fig. 4b shows how the dry mass and power influence the total time to escape Earth orbit starting in LEO.
Emerging deployable solar arrays extend the total power collection area such that CubeSats may be able to collect as much as 20 or 30 W when in the sun. Table 4 shows the effects of different power levels on total escape time, showing how higher power levels can significantly reduce escape time and as a result total accumulated radiation dose in the first years. The time to achieve a given orbit boost is a power-law function of the power level, as in Fig. 5 and is independent of fuel mass (i.e. all cases in Fig. 5 require the same amount of fuel mass). This is because the mass flow rate scales linearly with power.
The ability to continually provide sufficient power to maintain a certain thrust value is limited by eclipses. Typically CubeSats are initially placed into high-latitude orbits that have eclipses on the order of one third the orbit at altitudes (500-700 km). Worst-case eclipse fraction of orbit and total eclipse time are shown in Fig. 6 for different orbital altitudes considering circular orbits. The results shown are worst-case because they assume the line-of-sight to the Sun lies in the orbit plane, so maximum eclipse is always experienced. Eclipse fractions vary throughout the year due to orbital precession, see Ref. [22] . The interesting eclipse trends observed in Fig. 6 , and particularly Fig. 6b are because the eclipse duration is a product of the orbital period and eclipse fraction, which vary as a function of altitude differently. The selected thrust power level must be selected as a fraction of the maximum instantaneous power collection, and batteries must be sized accordingly to support thrusting throughout eclipse. Thrusting only during sunlight times could be a strategy to minimize the required battery size, but would result in a non-symmetric spiral effect and more complex mission design. In the special case that the spacecraft is launched into a Sun-synchronous orbit, the spacecraft will experience reduced or no eclipse times. Thus, the spacecraft will be more capable of continuously sustaining a higher power level. This reduces or eliminates the need for significant on-board battery storage. There is, however, a limitation because a terminator sun-synchronous orbit (always in the Sun) is impossible for LEO spacecraft because they are limited to inclinations between 97 − 102 o (for altitudes between 300-1400 km). Therefore, the β angle, the angle between the spacecraft orbit plane and the line-of-sight to the Sun, varies between 60 − 90 o throughout the year. Thus, depending on the time of year the spacecraft begins its maneuver, there will be an associated required altitude gain (see Fig. 7b ) to no longer experience eclipses. Note that for the β = 90 o case, there is no required altitude gain, so the spacecraft does not experience eclipses, so this would be the best time to start boosting an orbit operationally. The time associated with achieving this altitude increase is shown in Fig. 7 , depending on the power level (which must accommodate for the fraction of time the spacecraft is in eclipse).
V. Interplanetary Orbit Transfers
The potential for small spacecraft to start in GEO and escape Earth orbit and travel to interplanetary destinations, in particular, Mars, Jupiter, Saturn is investigated. These results focus on starting in GEO as this is a feasible starting orbit for small secondary payloads with upcoming launch opportunities, and significantly reduces the amount of time and fuel required relative to starting in LEO, as described in the previous section.
Results for travel from GEO to the three proposed planets are summarized in Table 5 and the trajectories are shown in Fig. 8 . For each case, the spacecraft is assumed to generate 70 W and a reasonable starting mass is selected such that the dry mass is about 6.2 kg (see Table 1 ). There are three phases to these trajectories: 1) the orbit boost from GEO to escape Earth's SOI, 2) the boost phase, which is the time until the aphelion reaches the desired distnace from the Sun, and 3) the cruise phase, which is the time until the radius reaches the aphelion. Properties of the orbit transfer from GEO to Jupiter are shown in Figs. 9-10. The dotted line in Fig. 9 separates phases 1, GEO to Earth Escape, and phase 2, boost phase on way to Jupiter. The available power decreases as the orbit increases from GEO to Earth escape due to the eclipse trends in Fig. 6 , where the spacecraft must be able to have a positive energy balance every orbit and not deplete on-board battery storage. After the spacecraft escapes Earth orbit (dotted line), the power also decreases as a function of the solar intensity decreasing as one over the distance squared (solar eclipses no longer occur during this phase). A sensitivity analysis to spacecraft mass and power for the GEO to Jupiter case was performed, and the results are in Figs. 11-12 . Transfer time and fuel masses increase monotonically with increasing spacecraft massḂoth the 60 W and 70 W cases are shown in Fig. 11 to demonstrate both an optimistic case (70 W) where nearly all of the solar power can go to directly supporting the spacecraft thruster, and a more pessimistic case (60 W), where the solar panels are not perfectly aligned with the vector to the Sun or are not generating their maximum or power is required for the other spacecraft systems, particularly the transponder. In reality, the transponder likely needs to be operated several hours of the day so the system is likely to operate somewhere between 60 and 70 W. Even this small decrease in power can increase the transfer time from 3.9 years (70 W) and 5.7 years (60 W) and change the required fuel mass accordingly. A less powerful system requires more time, thus more fuel mass, and as a result significantly more initial mass, for example the 70 W system requires an initial mass of 25 kg, and the 60 W system requires an initial mass of 33 kg. Although in general as power availability increases, the transfer time and fuel requirements decrease, it is a non-smooth relationship. These plots are useful for extracting feasible mission scenarios given dry mass and/or transfer time constraints. For example, for the dry mass of a typical interplanetary 6U CubeSat, which has a minimum mass of approximately 6.2 kg (see Table 1 ), at least 70 W of continuous power is required, which also provides a reasonable transfer time (< 4 years).
VI. Conclusion and Future Work
This paper has developed a modeling framework and simulation environment for evaluating orbit transfers from LEO to GEO, LEO to Earth escape, and GEO to interplanetary destinations. We have used these tools to demonstrate the feasibility for a small spacecraft form factor (in particular a 6U CubeSat) to perform orbit transfers using the CAT thruster technology. We've examined systems-level constraints such as availability of power, energy, mass, and volume, which constrain these small, highly-integrated spacecraft. The key constraints and sensitivities of using small spacecraft for interplanetary orbit transfers have been identified and quantified. The main results of this paper have demonstrated that it is feasible to perform orbit transfers from LEO to Earth escape and from GEO to interplanetary destinations using small spacecraft, such as those in a 6U CubeSat form-factor. This work lays the ground work for more sophisticated orbit-transfer maneuvers both in LEO, such as orbit changes and constellation design, as well as ways to improve the efficiency to reach interplanetary destinations using lunary and planetary fly-bys and the Interplanetary Highway within a small spacecraft form-factor. There are many interesting areas of future work to further optimize the vehicle and trajectory for significant orbit changes by small spacecraft systems. Perhaps the most important first step will be to formulate and solve an integrated vehicle and trajectory optimization problem, where the decision variables will be spacecraft parameters such as solar panel area and number of batteries and the trajectory variables will be when and how to thrust. This approach will yield improve results over a more iterative approach to size spacecraft components and develop trajectories. More sophisticated mission designs should be considered, particularly those involving lunar and planetary fly-bys, as these can significantly improve overall transfer times and fuel requirements. Additional systems-level concerns such as spacecraft thermal and radiation issues should also be analyzed and incorporated into the trade space for future mission concepts. Figure 12 . Sensitivity of transfer properties to spacecraft initial solar panel power collection for orbit transfers from GEO to Jupiter, assuming an initial spacecraft mass of 25 kg, the spacecraft generates a maximum power of 70W, and uses I 2 fuel.
